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NATIONAL ADVISORY COMMITTEE FOR ARRONAUTICS

RESEARCH MEMORANDUM

MEASUREMENT OF STATIC PRESSURE ON ATRCRAFT

By William Gracey

SUMMARY

Existing data on the errors involved in the measurement of static
pressure by means of static-pressure tubes and fuselage vents are pre-
sented. The errors associated with the various design features of static-
pressure tubes are discussed for the conditlion of zero angle of attack
and for the case where the tube is inclined to the flow. Errors due to
variations in the configuration of static-pressure vents are also pre-
sented. Errors due to the posltion of a statlc-pressure tube in the
flow field of the alrplane are given for locations ahead of the fuselage
nose, ahead of the wing tip, and shead of the vertical tail fin. The
errors of statlc-pressure vents on the fuselage of an airplane are also
presented.

A comparison of the calibrations of the four static-pressure-
measuring installations Indicates that, for an airplane designed to
operate at supersonic speeds, a static-pressure tube located shead of
the fuselage nose will, in general, be the most desirable installation.
If the operating range is confined to speeds below sonic, a static-
pressure tube located ahead of the wing tip may, for some alrplane con-
figurations, prove more satisfactory than a fuselage-nose installation.
For operation at Mach numbers below 0.8, a static-pressure tube ghecad
of the vertical tail fin or fuselage vents, properly located and instal-
led, should prove satisfactory.

Various methods of calibrating static-pressure installations in
flight are briefly discussed.

INTRODUCTION

The proper functioning of fire-control and guidance systems for air-
planes and missiles depends fundamentally on the accurate mcasurement
of total and static pressures. Tor each of these measurements the basic
problenm is that of determining what type of sensing device to use and
where to locate it on the Tlight vehicle.

W
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The National Advisory Committee for Aeronautics has been studying
this problem for many years. A comprehensive survey of the subject,
based on informetion obtained st subsonic speeds, was published in 1948
(ref. 1). Since that time additional date have been obtained from wind-
tunnel, rocket-model, and flight tests in the transonic and low super-
sonic speed ranges. Because of current interest in this informetion,
it appeared approprilate at this time to present these data and to review
the overall problem in the light of this new knowledge.

The measurement of total pressure is not discussed in this paper -
because thils measurement can be accomplished quite accurately with little
or no difficulty, and because the subject has been adequately treated
in other reports.- The problems involved in the design and locetion of
& total-pressure tube on the airplane are discussed in reference 1.

The only error of any consequence in the measurement of total pressure
is that due to the iInclination of the tube to the ailrstream. This error
can be avoided by using a swiveling tube or a suitsebly designed rigid
tube. Information required for designing a rigid tube which will measure
total pressure correctly over a wide range of angle of attack at both .
subsonic and supersonic speeds mey be found in reference 2.

SYMBOLS -
1S} free-stream statlic pressure - —_—— -
p' indicated static pressure = -
Ap static-pressure error, p' - p o .
< total pressure
a dynamic pressure, %pV2
=R impact pressure, Py - D -

M free-stream Mach number
M! measured Mach nurber -
T amblent temperature, gbsolute units
' measured termperature, gbsclute units - —
K temperature recovery factor, -7 =

0.2M2T )

COm——lily
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™



NACA RM L57A09 m

Z!

P

V4

i

mass density of air
gas constant (53.3)

Reynolds number

radius of curvature

1ift coefficient

normal-force coefficient

altitude

diameter of statlic-pressure tube; diameter of orifice

diemeter of collar on static-pressure tube; maximumm diemeter
of model or fuselage

maximum thickness of stem on static-pressure tube; maximum
thickness of wing or vertical tail fin

length of model

twice distance from nose of model to maximum-diemeter station
axial position of static-pressure orifice from reference point
height of protuberance near static-pressure orifice

angle of attack

circumferential position of static-pressure orifices

ratio of specific heats (1.4 for air)

Subscripts:

1

2

lower limit

upper limit
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STATIC-PRESSURE MEASUREMENT

The sensing device which has been unilversally used for the measure-
ment of static pressure 1s a surface orifice orlented parallel to the
flight path. Orifices are installed eilther in the walls of the body of
the aircraft or on a tube attached to some part of the aircraft. In
either case the pressure at the point in the alrstreem where the orifice
1s located usually differs from the free-stream value because the air
flowing over the aircraft creates a flow fleld in which the pressures _ —
vary widely from one point to enother. At subsonlc speeds the flow field
extends in all directlons for a considersgble distance from the aircraft.
At supersonic speeds the fleld 1s confined to the regions behind the
shock waves which form ahead of the alrcraft.

The amount by which the local statlc pressure at a glven point in
the flow field differs from free-stream static pressure 1s called the
"position error" of the installation. If the statlc-pressure source is
a static-pressure tube, there may be an additional error due to the flow
field created by the tube. The flow field around the alrcraft as well
as that around the tube changes primerily with Mach number and angle of
attack, and secondarily with Reynolds number. The pressure developed
at the static-pressure orifice 1s, therefore, a functlon of these

variebles. e

The most dlfficult problem In designing a static-pressure instel-
lation is that of locating the static-pressure source (tube or vent)
cn the aircraft, because the flow fileld of each alrcreft configuration
1s unique. Becguse of the impossibility of finding a locetion on or
close to the alrcraft where the static-pressure error is zero for all
flight conditions, the problem becomes one of choosing a locstlon where
the error i1s of sufficilently small megnitude or where 1t varies uniformly
with Mach number and angle of attack. Generally, the greater the distance
from the aircraft that the static-pressure source can be located (prefer-
ebly ehead of the alrcraft), the more nearly will this objective be real-
ized. For such remote locations of the static-pressure source, the mag-
nitude and variation of the static-pressure error can be predicted with
some success from the calibrations of similar installatlions on other
aelrcraft.

The actual errors of a given Installation, however, can be deter-
mined only by a calibraticn in flight. Such a flight cslibration estab-
lishes the overall static-pressure error, that 1s, the error due to the
location of the statlc-pressure source and the error due to the source
itself. If the resulting errors are higher than deslred, corrections
may be applied either before or after the pressure indication is dis-
played. Even when corrections can be applied, however, it is adviseble
to choose an installation with as small an error as prictical because, -

% , ) B
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in genersal, the greater the magnitude of the corrections the more they
will change with each change in flight condition and the more Inaccurate
and involved will be the calibrstion and correction procedure.

Inaccuracies 1n statlc-pressure meassurement mey also arise from
Instrument errors and from errors due to pressure lsg of the tubing
that connects the instrument to the static-pressure source. A general
discussion of instrument and pressure-lag errors may be found in ref-
erence l. Other aspects of the pressure-lag problem are treated in
references 3 and L.

STATTIC-PRESSURE ERRORS OF TUBES

The flow field around an isolated statlic-pressure tube 1ls determined
by the shape of the nose section, the size and shape of any protuberance
on the rear portion of the tube, the Mach number, the angle of attack,
and the Reynolds number.

Tubes at Zero Angle of Attack

For the condition of zero angle of attack, the pressure registered
by a static-pressure tube at a given Mach number depends on the axial
location of the orifices along the tube and the size and configuration
of the orifices.

Axial locatbion of orifices rearward of the nose.- The variation of
static pressure along a static-pressure tube may be illustrated by two
examples of theoretical pressure distributions over the forward portions
of tubes at zero angle of attack. TFigure 1 presents a subsonic (incom-
pressible flow) pressure distribution for a tube with a parsbolic nose
(ref. 5) and s typlcal supersonilc pressure dilstribution for a tube with
a conlcal nose.

The symbol Ap i1in this figure denotes the static-pressure error,
which is defined by the relation Ap = p' - p, where p' 1s the statie
pressure measured by the tube and p i1s free-stream static pressure.
For the theoretical case consgidered 1n figure 1, Ap 1s expressed as
a fraction of the dynamic pressure q; for most of the experimental data
presented subsequently, Ap i1s expressed as a fraction of the impact
pressure q,-. With & few exceptions, the values of Ap/q and Ap/qc

are in all cases plotted to the same scale.
The two curves in figure 1 show that, downstream from the end of

the nose sections, the pressures at subsonic and supersonic speeds are
below free-stream static pressure. With Increasing distance from the

TR
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nose, the pressures in both speed ranges approach the free-stream value.
At supersonlc speeds, however, the return to free-stream pressure occurs
Tarther downstream. The axial location of orifices on a tube designed
to function at both subsonic and supersonlic speeds would, therefore, be
determined by the pressure distribution at supersonic speeds.

Experimental data showlng the varlatlion of static-pressure error
with axilal location of orifices on three tubes are presented in figure 2.
The subsonic data were obtained with a tube with a truncated ogival nose
(ref. 6), whereas the supersonic data were determined with tubes having
a more elongated truncated ogival nose (ref. 7) and a conical nose
(ref. 8). Note that the axial locations of the orifices on these tubes
are referenced to the end of the nose section rather than the tip of
the nose as in figure 1. The data from Investigations conducted with
these tubes show that at subsonic speeds (M = 0.6 to 0.9) a static-
pressure error of 1/2 percent of g, 1s reached at a distance of 4 tube
diameters behind the end of the nose section. At supersonlc speeds
(M = 1.55 to 2.87) en error of 1/2 percent of gq, 1s reached at 5 to

7 diameters rearward of the nose section.

The effect of varylng the shape of the nose of a static-pressure
tube has also been determlned at both subsonic and supersonic speeds.
Subsonic tests (M = 0.3 to 0.95) of tubes having hemispherical, ogival,
and truncated oglvel ncses showed that, when the orifices were located 6
or more tube diameters behind the end of the nose section, the static-
pressure errors of the three tubes were in close agreement (ref. 6).
Supersonic tests (M = 1.61) of tubes having cylindrical, hemispherical,
30° conilcel, short ogival, end long oglval noses showed that, for orifice
locations at least 10 dlameters rearward of_ the nose sectlon, the meas-
ured pressures were substantlally independent of the shape of the
nose (ref. 9).

From all of these results, it may be concluded that a tube with
orifices located 10 or more diameters behind the end of the nose section
wlll measure free-stream static pressure with small error st both subsonic
and supersonlc speeds, and that for this axial location of the orifices
the measured pressure will be unaffected by the shape of the nose.

The 1nvestlgatlons referred to 1n the previous paragraphs were con-
ducted with small-scale tubes in small-throgted tunnels. Tests of a
larger (O.97—inch—diameter) tube in the Lengley 8-foot-transonlc tumnel
provide full-scale confirmation of this work at subsonic speeds. This
tube had & truncated ogival nose with orifices located 7.8 dismeters
rearward of the end of the nose section. The calibration of this tube
(fig. 3) shows the static-pressure error to- be within. il/E percent
of g, up to M = 0.95.
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Axial locabion of orifices shead of protuberances.- The pressure
developed by a static-pressure tube depends not only on the axial loca-
tion of the orifices behind the nose but also on the location ahead of
protuberances on the rear of the tube. Protuberances maey be either trans-
verse stems or collars (expansion of tube to accommodate a support or boom
of larger diameter than tube).

The effect of a transverse stem mey be seen from figure 4, which
presents the theoretical pressure distribution (incompressible flow)
ghead of a body of infinite span (ref. 5). The statlc-pressure errors
shown by this curve would apply to a tube with a stem extending from
two sides; for a stem extending from only one side, the wvalues would
be halved. Tt will be seen from figure L4 that the statlic-pressure error
due to the stem ("blocking effect") is positive, and decreases rapidly
with increasing distance from the stem.

Experimental effects at subsonic speeds of a streamlined stem
extending on one side of a tube (ref. 6) are given in figure 5. These
data show that the statlc-pressure error decreases with distance ghead
of the stem and increases, at high subsonic speeds, with Mach number.
For orifices located a distance of about 10 times the stem thickness
ghead of the stem, the static-pressure error will be within 1/2 percent
of q, for Mach numbers up to O.7. The fact that the error caused by

protuberances 1s positive is often used in the design of & static-pressure
tube to compensate for the negative error due to the pressure distribution
along the forward portion of the tube.

Data from reference 6 on the blocking effect of collars at subsonic
speeds are presented in figure 6. In these tests the ratio of coller
dieameter to tube diemeter was fixed and the position of the collar with
respect to the oriflces was varied. The distance of the orifices from
the nose section (12 tube diameters) was such that the error of the tube
wilthout the collar was essentially zero. The results indicate that the
static-pressure error decreases with distance of the coller from the
orifices and that, for x/D greater than 3.2, the varlatlion of static-
pressure error with Mach number is negligible up to M = 0.95
with o« = 0°. The dats shown in this figure apply to a ratio of collar
to tube diameter D/d of 1.43; for larger values of D/d, the blocking
effect of the collar will be gresater.

The calibration of a 0.91-inch-diasmeter tube wilth a collar behind
the orifices and o = 0° is given in figure 7. These data, obtained
from tests in the Langley 8-foot transonic tunnel, show the static-
pressure error to be gbout +l/2 percent of 4, up to M = 0.9. Tests

of similar tubes in other wind tumnels (refs. 10 and 11) showed the errors
below M = 0.9 to be as high as 2 percent of A
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Tubes at Angles of Attack

The pressure developed by a stetic-pressure tube at an angle of
attack other than 0° depends not only on the axial locetion of the ori-
fices but alsc on thelr circumferential positions. When orifices encircle
the tube, the measured statlc pressure decreases with inclinstion of the
tube, and the varlation of static-pressure error with inclinatlon 1s the
same for angles of attack and angles of yaw. The static-pressure error

of & tube with this orifice configuration remains within 1 percent of qo

of the value at « = 0° over an angular range of ebdut #5° (ref. 12).

The additlonal error resulting from the inclinstion of the tube can be
avolded by plvoting the tube so that it always alines itself with the air-
stream. Because of the relative fragility of swlveling tubes, however,
attempts have been made to devise rigid tubes which would remain insen-

sltive over an appreclable range of angle of attack. _ , -

The basls of these attempts 1s the pressure distribution around a
cylinder. TFigure 8 presents the results of pressureédistribution tests
of a 2-inch-diameter cylinder at angles of attack of 30° and h5 and at
low subsonic speeds (M < 0.2). These curves show the static-pressure
error to be positive on the bottom of the cylinder6 negative on the top,
and zero at a clrcumferential position of gbout 30~ from the bottom.

It would appear, therefore, that insensitivity to lnclination might be
accomplished either by locating orifices at & clrcumferential position
of about *30° or by placing orifices along the top and bottom of the
tube to achleve compensation of the positive and negative pressures.
The application of both of these methods will be discussed.

The data from reference 13, as exemplified in figure 8, show that,
at low subsonic speeds and at o > BOO the pressure distribution at -
circumferential positions greater than EOO,varies appreciably with the
Reynolds number. In another investigation (ref. 14) in which cylinders
at o = 90° were tested at higher Mach numbers (0.3 to 2. 9), the effect
of Reynolds number on the pressure distribution was found to be negligible
at supersonic speeds. : N

Orifices at #30° location.- The effect of angle of attack at sub-
sonic speeds for a l-inch-diameter tube with orifices located on the
bottom of the tube 30° on either side of a vertical radius is reported
in reference 15. Seample results of these tests (fig. 9) show that the
static-pressure error remains within 1 percent of q of the value

at o = 0° for angles of attack up to at least 20° a§ M= 0.30 and
to 90 at M = 0.65. At angles of yaw the angle -of-attack range for an
error of 1 percent of a4, is ebout +5° (ref. 15).

weRTT EDENLL A
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Supersonic tests of a 0.05—inch—diameter probe wilth orifices at a
circumferential position of *33° are reported in reference 8. The cali-
brations of this tube (fig. 10) show that the static-pressure error
remgins within 1 percent of a4, for angles of attack up to 17 at

M =1.56 and up to at least 8° at M = 2.92.

Supersonic tests of a 0.63~- inch dismeter tube with orifices at =a
clrcumferential position of *37. 5° are reported in reference 16. The
results of these tests (fig. 11) show the static-pressure error to remailn
within 1 percent of . for angles of attack up to at least 12° at

M=1.57T and at least 15° at M = 1.88.

Orifices on top and bottom of tube.- Celibrations at angles of attack
of & 0.91-inch-dlameter tube with four orifices on the top of the tube
end seven on the bottom were determined st several Mach numbers between
0.20 and 0.68 (ref. 17). Data for these two Mach numbers (fig. 12) show
that tHe static-pressure error remains within 1 percent of d. of the

value at « = 0° for angles of attack up to 40° at M = 0.20 and to
18° at M = 0.68. At some angle of attack sbove 30° and at M sgbove 0.3
the static pressure registered by the tube Increases abruptly and fluc-
tuates erratically. For angles of attack between 15 and 30° and Mach
numbers between 0.2 and 0.68 the static-pressure error was found to
increase as much as 2 percent of 9. for a change in Reynolds number

(based on the local velocity and the diameter of the tube) of from
100,000 to 250,000, Because of the unsymmetric arrangement of the ori-
fices, the sensitivity of the tube at angles of yaw is, like that of
the +30° orifice arrangement, much greater than st angles of attack.

At angles of yaw the error remained within 1 percent of q, over an

angular range of *5° at M = 0.2.

Tests of an 0.88-inch-diameter static-pressure tube with four ori-

Tices on the top of the tube and seven on the bottom were conducted at

= 0.6 to 1.10 (ref. 18). The calibrations of this tube at M = 0.6,
0.8, and 1.0 (fig. 13) show the static-pressure errors to remain within
1 percent of ., of the value at « = 0° for angles of attack up to 11°

at M between 0.6 and 1.0.

The effect of angle of attack on a 0.9l-inch-diameter tube with
four orifices on the top of the tube and six on the bottom was determined
at supersonic speeds through an angle-of-attack range of i7o. The
results, as presented in reference 7, showed that for this range of angle
of attack, the static-pressure error remained within sbout 0.4t percent
of q of the « =0° value at M = 1.62 and 1.93.
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Conlcal Static-Pressure Tubes

Orifices on the surface of a cone have been proposed for the meas-
urement of static pressure at supersonic speeds.

Experimental data for an orifice at two locations near the nose of
a 3° cone are presented in figure 1k. These data were obtained from
tests in the Langley B-foot transonic tunnel at values of o between
1° and -1° and M = 0.20 to l.13. The calibrations show the static-
pressure errors for the two orifice locations to remsin within about
1 percent of 4, ©over the range of Mach number tested.

Tests of orifices on a conical-nose body at M = 1.59 are reported
in reference 19. 1In these tests four oriflces were located 0.29 meaximum
body dieameters from the front of a parabolic body of revolution with an
epex angle of 15°. TFor the test Mach number (1.59) the results indicate
that the static-pressure error is sbout 6 percent of q &t an gle of
attack of Q°, '

Orifice Size and Configuration

The ststic-pressure errors due to the axisl and clrcumferential loca-
tion of the orlfices, as discussed 1n the previous sections, apply to
tubes with orifices which are accurately drilled and free from burs, pro-
tuberances, or depressions. Variations in the diameter and edge shape
of the orifices can result in addlitional errors in the static-pressure
measurements. -

The influence of orifice diameter on the measured static pressure
has been investigated with orifices on the inside wall of a cylindrical
test section (ref. 20). The tests were conducted for orifice diameters
of 0.006 to 0.125 inch over a Mach number range of about 0.4 to 0.8.

The results of the tests at these two Mach numbers (fig. 15(a)) show the
statlc-pressure error to increase with both orifice diemeter and Mach
number.

The effect of orifice diameter hss also been determined for two
orifice dilameters on a O.5-inch-diameter static-pressure tube st M = 1.45
(ref. 21). The results of these tests showed that an increase of 0.055
to 0.052 inch in the orifice diameter caused the static-pressure error
to increase by 0.6 percent of 4. &t a =0°, .

In other tests of reference 20, the effect of varylng the cross~
sectional shape of the orifice edge was investigated with 0.032-inch-
dlameter orifices on the inside wall of a cylindrical test section.
Semple results of these tests are presented in figure 15(b), which gives
the difference between the statlc-pressure error of each orifice config-
uration and that of a sharp-edge orifice of the same dismeter.

L viiaabian:ud
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In reference 21, the effect of elongating the orifices in a 0.5-
inch-diameter static-pressure tube was also investigated. The three con-
figurations tested are shown in figure 15(c), and the differences in the
static-pressure errors of the configurations, as referenced to a tube
with 0.025-inch-dismeter orifices encircling it, are given for the tubes
at a =0° and M = 2.55 and 3.67. :

STATIC~-PRESSURE ERRORS OF INSTALLATIONS

Static-pressure sources (tubes and vents) have been located at
numerous positions on or near the alrecraft. Static-pressure tubes have
been located ahead of the fuselage nose, shead of the wing, and ashead
of the vertical tail fin. Static-pressure vents have generally been
located on the fuselage between the nose and the wing or between the
wing and the tall surfaces. The cholce of type and location of the
statlic-pressure source will depend on numerous considerations, such as
the configuretion and speed range of the aircraft, the accuracy required,
pressure lag, icing, and the possibility of damege due to ground handling.

For any practical location of the static-pressure source, the instel-
lation will have a position error which will vary to some degree with
Mach number and angle of attack. The position error will, therefore,
vary with impact pressure, statlc pressure, ailrcraft weight, and normal
acceleration. The error may also vary with changes in the configuration,
and thus the flow field, of the aircraft - for example, changes in flap
setting and lending-gesr extension. As the flow field sgbout an ailrcraft
is markedly different for the subsonlec, transonic, and supersonic speed
ranges, the position errors for locations near the airplane may be
expected to be gqulte different in each of the three speed ranges.

In the discussion to follow, the statlic~pressure errors of the
various instellations are presented as a function of Mach number or 1ift
coefficient. Wherever possible, the effects of Mach number and 1ift
coefficient have been separated. In those cases where the static-pressure
errors of level-flight calibrations are plotted as s function of Mach
nuber, the 1ift coefficient varies throughout the Mach number range.,

At the high subsonic and transonic Mach numbers st which these calibra-

tlons were performed, however, the varistion of 1ift coefficient was
small.

The static-pressure errors represent the overall static-pressure
errors of the instelletion, that is, the sum of the position errors and
the static-pressure errors of the pressure source. Diegrams of the
static~-pressure tubes used for the airplsne installations are presented

in figure 16, and the type of tube used with esch installation is noted
in the calibration figures.

Sk
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Static-Pressure Errors Ahead of Fuselage Nose

At Mach numbers below that at which a shock passes the static-
pressure orifilces, the positlon error at a given distance shead of the
fuselage nose 1s determined by the shape of the nose §nd the maximum
diemeter of the body.

Effect of nose shape.- The effect of nose shape was investigated
in wind-tunnel tests of bodies of revolution (fineness ratio, 8.3) with
circular, elliptical, elongated ogival noses (ref. 22). The tests were
conducted at a Mach number of about 0.2 and at o = 0°. The results of
the tests (fig. 17) show that, for a given distance ahead of the body,
the positilon errors were greatest for the circular nose and least for
the elongated ogivel nose. At a dlstance of 1 dlameter, for example,
the errors were gbout 9, 4, and 1 percent, respectively, for the circular,
elliptical, and elongated ogivel noses. At 2 dlameters the effect of
variations in nose shape had diminished considerably. -

The stetic-pressure errors at three distances shead of a fuselagéiﬁ
were measured on an ailrplane with an elliptical nose sectlion (ref. 23).
The results of these tests at small angles of attack (CL = 0.2) are shown

in figure 18 together with the data for the elliptical nose model taken
from figure 17.

Effect of Mach nunber.- The effect of Mach number on the statlc-
pressure errors shead of two bodies of revolution et transonic speeds
was determined by wing-flow tests (ref. 24). The nose” shepes (that por-
tion shead of the maximum-dismeter station) of the two bodies (fig. 19(a))
were similar. The nose shape of body A was developed from & circular
arc, whereas the shape of body B was based on that of an actual airplane.
The calibration of three installations on body B (fig. 19(a)) shows that,
when the critical Mach number of the body is reached, the error begins
to increasse because the effect of negative pressures ofi the rear of the
body are then diminished by the shock which forms around the meximum
body diasmeter. When the free-stream Mach number becomés supersonic, a
shock wave forms ahead of the body and the static-pressure error continues
to increase ag the shock moves toward the body. When the shock wave
pasgses the orifices on the tube, the error falls to a ialue near zero,
because the pressure field of the body is then isolated from the orifices.
At the Mach number at which the shock wave passes the orifices, and at
8ll higher Mach numbers, the pressure reglstered by the orifices should
be that of the isolated tube. However, i1f the shock, after passing the
orifices, interacts with the boundary leyer to form e complex shock pat-
tern in the vicinlty of the orifices, the statlc-pressure error followlng
the drop from the pesk error will be slightly higher than that of the
isolated tube. In this case, the static-pressure error will not return
to that of the isolated tube until some higher Mach number has been
reached.

SONF T DFT



NACA RM ISTAQQ S 1

In reference 24 1t was shown that, for slender bodies having similar
nose shapes, the position errors below the critical Mach number of the
body and the pesk errors Just prilor to the shock passage can both be
correlated by the use of parameters which include the length as well as
the diemeter of the body. The manner in which the data of reference 24
correlate is shown in figure 19(b), which includes a theoretical curve
for a pargbolic-arc body calculated on the basis of the linearized sub-
sonlc theory. For the bodles consldered, the peak errors are gbout twice
the subsonic errors.

The calibration at transonlc speeds of a static-pressure tube sghead
0f the nose of the agirplane of which body B of figure 19 was a model
(ref. 25) is presented in figure 20. These data confirm the results of
the model tests by showing (1) the rapid increase in the static-pressure
error at Mech numbers near 1.0, and (2) the discontinuity which occurs
in the calilbration when the fuselage bow wave passes the static-pressure
orifices. The statlc-pressure errors of this airplane at values of M
between 0.8 and 1.0 and those of a number of other airplanes with somewhat
similar nose shapes (ref. 26) are plotted in figure 21 as a functilon of
x/D. For a fuselage with a more elongated nose the statlc-pressure errors
will, as shown in figure 22, be cousiderably lower (ref. 26).

The calibratlons of fuselage-nose installatlons up to low supersonic
speeds Indlcate that after the body bow wave and any boundary-layer—shock
interaction have passed downstream of the orifices, the static-pressure
error becomes that of the isolated tube and should remaln at this value
for all higher Mach numbers. That the static-pressure error remains
small at higher supersonlc speeds has been shown by calibration tests
of a nose-boom instellation on a free-flight rocket model. In this cali-
bration, the error dropped to zero when the free-streem Mach number became
supersonic and remained zero up to M = k.5,

Effect of angle of attack.- The variation of static-pressure error
with angle of attack for a nurber of positions shead of bodies of revo-
lutlon was investigated during the tests reported in reference 22, The
results of these tests (fig. 23) show the error to decrease with
Increasing angle of attack. The change in static-pressure error for a
given change in angle of attack is greabtest near the nose and decreases
with distance from the nose. At a distance of 1 dlameter ashead of the
nose, the change in statlc-pressure error for a change in angle of attack
of SOO is gbout 8 percent of q, for the cilrcular nose, and 2 percent

of q, for the elongated oglval nose.

In reference 27, the positlon errors ashead of slender pargbolic-arc
bodies of revolution at angles of attack were calculated on the basils
of the subsonlc linearized theory. Comperison between the theoretical
and measured values for a body of revolution with a fineness ratio of 6 at

Y
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a Mach number of 0.2 showed the theory to be valld for distances greater
than 0.5 body diameter ahead of the body and,for angles of attack less
than 20°.

The effect of angle of attack on the static-pressure errors of
fuselage-nose installations on alrplanes gt low and high subsonic speeds
(refs. 2% and 25) is presented 1n figure 24. For 1ift coefficlents up to
0.5, the effect of angle of attack is negligible. At (7 above 0.5 the

static-pressure errors cf the installatlons on airplane A decrease with
increasing Cg,. However, for other combinations of fuselage-nose shape,

boom length, orientation of orifilces on static-pressure tube, and Mach
number, the static-pressure error may increase at high angles of attack.
(See ref. 26.)

Effect of nose inlet.- The position errars at varlous dlstances
ahead of a body of revolutlion with a nose inlet were determined by wing-
flow tests (ref. 2L4). The tests were conducted at trensonic speeds and
at o = 0°, The inlet velocity ratio varied from gbout 0.68 at M = 0.7
to 0.57 at M = 1.0. The results of the tests (flg. 25(a)) show the same
general verilation of static-pressure error with Mach number as the instal-
lations on sharp-nose bodies (fig. 19(a)). The variation of the static-
pressure error at subsonic speeds (M = 0.7) with distarice ghead of the
body (fig. 25(b)) 1s also similar to that of the sharp-nose bodies. In
other tests to determine the effect of inlet veloclty, it was found that
the statlic-pressure error increased when the 1nlet veloclty ratio
decreased.

Callbrations of nose-boom installations shead of an slrplane having
a nose Inlet (ref. 28) are glven in figure 26. TFor these tests the ori-
fices were located at various distances along & boom extendlng from the
upper lip of the inlet. The callbrations of these installstlons exhibit
the same vearilastion of static-pressure error wilith Mach number as an instal-
lation ahead of & polnted-nose fuselage (fig. 20). The variation of the
static-pressure errors with orifice location for a number of other air-
planes with nose inlets is shown in figure 27 for M = 0.80 to 1.00.

Static-Pressure Errors Ahead of Wings - =

Prior to the passage of the shock over the static-pressure orifices,
the position error at a given distance ahead of the wing of an ailrplane
depends on the shape of the ailrfoll sectlon, the maximum thilckness of
the airfoll, the sweepback angle of the wing, and the spanwise location
of the static-pressure tube. In order to avold the influence of the
fuselage and the weke of any propellers, statlc-pressure tubes are usually
installed on the outbocard span of the wing. The lengths of tubing between
the static tube and the lnstruments, however, mey create undesirable prdb-
lems 1n pressure lag. . -

——T
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Effect of locabion of orifices.- Calibrations of static-pressure
Installations at various distances shead of the leading edge of the wing
tip of an unswept-wing alrplane were determined at low subsonlc speeds
in reference 23. The variation of static-pressure error of these instal-
lations (at small angles of attack) with distance ghead of the wing,
expressed as a multiple of the maximum wing thickness, 1s glven in fig-
ure 28. At x/t = 10 (or 1 chord length for a 1O0-percent-thick airfoil),
the error 1is gbout 1 percent, and it decreases only slightly wlth
increasing distance shead of the wing. The static-pressure errors of
wing-tip installetions on nine other unswept-wing alrplanes with similar
airfoll sections are also plotted in figure 28. This variation of static-
pressure error with dilstance ghead of a wing tip is similar to that ahead
of a transverse stem shown in figures 4 and 5.

Effect of Mach number (unswept wings).~ The variation of static-
pressure error with Mach number for a static-pressure tube located ahead
of the wing tip of an unswept-wing alrplane at transonic speeds (ref. 25)
is presented in figure 29. The calibration of this installation is similar
to that of the fuselage-nose installstions up to the Mach number at which
the discontinuity due to shock passage occurs. At this point, however,
the error falls to a negative value and then, with increasing Mach number,
beglins to increase to positive values. The explanation for this behavior
mey best be illustrated by diasgrams of the shock waves shead of the air-
plane (fig. 30). At a Mach number of sbout 1.03, the wing bow wave has
passed the orifices, thus effectively isolating them from the pressure
fleld of the wing. At this Mach number, the pressure at the orifices is
influenced by the negative pressures around the rear portion of the fuse-
lage nose, the effect of which extends outward aelong Mach lines from the
surface of the fuselasge. As the Mach nuwber iIncreases, the Mach lines
slant backward, and the orifices come under the influence of the positive
pressures around the forward portion of the fuselage nose and behind the
fuselage bow wave. At some higher Mach number, the fuselage bow wave will
traverse the orifices, which will then be 1sclated from the flow fields
of both wing and fuselage. At this and all higher Mach numbers, the
static-pressure error will, in the sbsence of any boundary-layer-—shock
interaction, be that of the tube 1tself. It should be noted that, when
the wing or fuselage bow shock 1s in the vicinity of the static-pressure
orifices, the statlc-pressure error msy vary considerably with angle of
sideslip. For this reason a wing-tip installstion at M > 1.0 is much
more sensitive to angle of sideslip than a fuselage-nose installation.

Effect of angle of attack (unswept wings).- The variation of static-
pressure error with 1ift coefficient at low subsonic Mach numbers
(0.1 to 0.36) for various distances shead of the wing tip of an unswept-
wing airplane (ref. 23) 1s given in figure 31. These data show that,
for 1ift ccefflcients up to 0.7, the effect of angle of attack 1s small
for distances of x/t = 4.2 or greater. At higher 1ift coefficients,
however, the effect of engle of attack is apprecleble even for values

of x/t as large as 16.8.
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The effect of angle of attack on the static-pressure errors of a
wing-tip installation with x/t = 4.1 (ref. 29) at higher subsonic speeds
(up to M = 0.80) is presented in figure 32. For the range of Cr,

covered by the tests, the curves show that, at Mach numbers between

0.30 and 0.60, the static-pressure error decresses with 1ift coefficlent.
At M = 0.70, the effect of angle of attack is negligible, and with
increasing Mach number (up to M = 0.80), the static-pressure error
Increases with 1ift coefficlent.

Effect of Mach number (swept wings).- Calibrations of static-pressure
tubes shead of the wing tips of two swept-wing airplanes (refs. 30 and 31)
are presented in figure 33. In one case the statlc-pressure tube was
located 16t ahead of a 35° swept wing; in the other the tube was located
8.4t shead of & 40C swept wing. The calibrations of these installstions
differ from those of wing-tip installations on unswept wings in that the
static-pressure errors do not drop ebruptly after the peak error is
reached, but decrease toward zero at a more gradual rate. '

Effect of angle of attack (swept wings).- The variation of statlc-
pressure error wilth normsl-force coefficlent for a wing-tip installation
on & swept-wing airplane at transonic speeds (ref. 30) is presented in
Tigure 34, These data show that at M = 0.75 to 0.30 +the static-pressure
errors increase with esngle of attack as in the case of the unswept-wing
installation at M = 0.75 to 0.80 (fig. 32). -

Static-Pressure Errors Ahead of Vertical Tall Fin

Calibrations at transonic speeds of statlc-pressure tubes ghead of
the tip of the verticel tall fins of two free-flight models are given in
flgure 35. One of these was a free-fall model of & cenard alrplane with
the static-pressure orifices located 13,5t shead of the tail fin. The
other was a rocket-propelled model of an alrplane configurstion with the
orifices 16.7t ahead of the tail fin. Although the magnitudes of the
errors of both the installations are open to question (becsuse of uncer-
taintles in the telemetered measurements), the curves may be accepted
as an gpproximate indication of the type of static-pressure-error varia-
tion to be expected for a vertlcal-tall-fin installation in the +transonic
speed range.

Static-Pressure Errors of Vents on Fuselage (Models)

For the purpose of locating a fuselage static-pressure vent, the
fuselage may, in a very general wsy, be likened to e statlic-pressure tube.
As with the statlc-pressure tube, the pressure at & fuselage vent at zero
angle of attack is determined by the axiel locatlon of the orifice along

Spihn .
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the body. The pressure at a given poilnt on the body may, of course, be
modified by the blocking effect or the wake of any protuberances extending
from the body. At angles of attack other than 0°, the pressure at a fuse-
lage vent is, as with the static-pressure tube, determined by the circum-
ferential orientation of the orifice.

Static-pressure vents have generally been located on opposite sides
of the fuselage in order to minimize angle-of-sideslip effects. Call-
brations, at angles of sideslip, of a vent installetion in which two vents
were located at approximately 67° and -67° on the bottom of a circular
fuselage are reported in reference 32. The results showed that et an
angle of sideslip of U4°, the maximum angle reached in the tests, the
static-pressure error varied by 0.2 percent of g, from the value at

zero angle of sideslip. When the cross section of the fuselage is cir-
cular, the orifices may also be located at approximately 30° and -30°
on the bottom of the body to minimize angle-of-attack effects.

Because of the complex neture of the pressure distribution along
the fuselage of an alrplane, it is difficult to predict, with any degree
of certainty, those locations where the static-pressure error will be
minimum., It is customary, therefore, to meke pressure-distribution tests
in a wind tunnel with a deteiled replica of the airplane, and to choose
from the results a number of locations thet appear promising for static-
pressure vents. These locations are then calibrated on the full-scale
airplane and the best location is chosen for the operastional installation.
In reference 33, the calibrations of fuselage-vent instellations on a
nunber of airplanes are compared with comparaeble installations on wind-
tunnel models of these sgirplanes. TFor the low speeds at which these tests
were conducted (below 175 knots), the results showed that the errors of
the alrplane installations could be predicted from the model tests to
within 2 percent of A

Effect of axial location of vents.- Pressure~distributlion studiles
of a body of revolution (ref. 5&) provide a generslized indication of
the pressure variastion which might be expected slong the fuselage of an
alrplane or missile., Seample results of these tests, which were conducted
with a body of revolution with a fineness ratio of 12 at transonlc speeds
and at o = 0°, are presented in figure 36. These curves show that for
any given Mach mumber there are at least two axlal locations, one on the
forward portion and the other on the rearward portion of the fuselage,
where the static-pressure error equals zero. It is evident, however,
that these axial locations vary apprecisbly wlth Mach nunber.

Pressure-distribution tests of prolate spheroids (with aspect ratios
of 6 and 10) and of a typical transonic body are reported in reference 35.
In these tests the pressures over the forward half of the bodies were
measured at M = 0.3 to 0.95 and et a = 0° to T.7°.
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Effect of Mach number.- The variatlon with Mach number of the static-
pressure error of orifices at three axial locations along & body of revo-
lution (ref. 34) is glven in figure 37. These curves show that the mag-
nitude and variation of statlc-pressure error chenge conslderably along
the body. In contrast to most of the statlc-pressure-tube installations,
the variatlon of statlc-pressure error with Mach number for these vent
installations is comparatively irreguler. These verlations, it must be
remembered, spply to a simple body without protuberances of any kind.

For an actual flight vehicle with wings, tail surfaces, external stores,
end so forth, the pressure varlation wlth Mach number can be expected
to be much more complex. '

The calilbration of a vent on the cylindrical portion of the fuselsage
of a rocket-propelled model of an alrcraft configuration at transonlc
and supersonlc speeds is presented in figure 38. The single orifice was
located on the top of the fuselage at 0.28 of the fuselsge length behind
the nose. - :

Effect of circumferentlial location of vents.- The possibility of

minimizing the effect of angle of attack by properly locating the orifices

around the circumference of a fuselage was investigated in reference 36.
This study was based on tests with a body of revolution of fineness
ratio 12.2 at M = 1.59 and at angles of attack up to 36° (ref. 37).
In this investigation (ref. 37) complete clrcumferentliel pressure dis-
tributions were obtained wilth orifices located at 12 stations along the
body. The circumferential pressure distribution for an orifice located
a2t the meximum-diameter station is glven in figure 39 _as a typical example
of the results obtained. From these curves 1t would appear that the
optimum location for static-pressure vents at this statlon would be
gbout *40® from the bottom of the body. For this orientation of the
orifices, the static-pressure error remasins within ebout 1/2 percent

of de of the value at o = Q° (-5 percent of q) for angles of atteack
up to 20°. TFor the other axial loc¢ablons tested, the optimum circumfer-
entigl location and the range of angle of attack over. which the error
remalned small differed from those at the maximum-diameter station.

Static-Pressure Errors of Vents on Fuselage (Airplane)

An example of the type of callbration which may be expected for
a static-pressure-vent installation at transonic speeds (ref. 30) is
given in figure 40(a). The static-pressure vents of this installstion
were on each side of the nose of a Jjet fighter with a nose inlet and 35°
swept wings. The calibratlon of this installsastion showed the stabic-
pressure error to change sbruptly at a Mach number of sbout 0.98. This
sbrupt change 1s believed to be caused by passage of shock waves, which
form in the local supersonic flow field around the nose of the fuselsge,
over the vents. The fact that the veristions occur over a range of Mach

U =S
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number (0.97 to 0.99) is probsebly due to asymmetry of the shock waves
on each side of the fuselsge which results from varistions in angle of
sideslip.

The effect of angle of attack on a fuselage vent (ref. 30) is shown
in figure 40(b). At a Mach number of 0.75, the error begins to vary with
normal -force coefficlent at values of CN above 0.5. At the higher Mach

numbers (M = 0.95) the effect of normal-force coefficient becomes evident
at values of CN below 0.1l. In comparison with the data of fuselage-

nose and wing-tip boom systems on the same ailrplane (ref. 30), the
fuselage-vent Installation was shown to be affected to & much greater
extent by angle of attack.

Vent Configuration

The pressure reglstered by a fuselage statlc-pressure vent depends
not only on i1ts location on the fuselage but also on any protuberances
* or skin~-contour variations in the vicinity of the orifice. The error
of a vent installed on a pressurized fuselage may also change if the
gkin on which the vent 1s mounted flexes with pressurilzation.

Model tests of the effect of protuberances in the vicinity of a
vent, waviness of the skin, and proximity of rivets are reported in
reference 38. The results of these tests showed that relatively small
imperfections in the surface surrounding the orifice can produce sizeble
changes In the position error. Sample deta showing the effect of pro-
tuberances and skin waviness on the pressure of a 0.23~inch-dismeter
orifice at a speed of 175 knots are presented in figure 41,

For some fuselage-vent instellations, speclally desligned protuber-
ances have been Installed near the vents in an attempt to compensate for
the position errors at the vent location. Tests of several types of pro-
tuberances and indentations intended as serodynamic compensators for fuse-
lage vents are reported in reference 39.

Conversilon Factors

The static-pressure errors in this report have in most cases been
expressed as a fraction of the impsct pressure q,- The errors are some-

times expressed in other nondimensional forms such as Ap/p or AM/M.
For the convenlence of the reader, a chart for converting Ap/qC to A@/p

is given in figure 42. Charts from reference 40O for converting
Ap/qc and Ap/p to AM/M are presented in figure L3,

—
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COMPARISON OF INSTALLATIONS

As stated earlier, the cholce of type and location of the static-
pressure tube or vent depends on a number of_ factors. —If the magnitude
of the static-pressure error is the prime consideration, the selection
will depend largely on the configuration of the aircraft and the speed
range through which it is expected to operate.

A comparison of the celibrations of the various installations pre-
sented in this report indicates that, for an airplane designed to fly
at supersonic speeds, & static-pressure tube located aghead of the fuselage
nose will, In general, be the most desirsble installation. This selection
is based on the fact that the calilbration has only one-discontinuity
(when the fuselage bow wave passes the orifices) and that at higher super-
sonic speeds the error will, for the usual case, be that of the isoclated
tube. In addition, the sensitivity of this installation to angle of
sldeslip at supersonlc speeds will be that of the isolated tube. At
subsonic and transonic speeds, the errors at a glven distance shead of
the nose (in terms of fuselage diemeters) depends on the shape of the
nose section. As these errors decrease with increasing fineness ratio
of the nose section, the static-pressure error of an installatlon shead
of-a fuselage with a long pointed nose will be comparatively small through-
out the speed range. An illustration of this fact may be seen from the
calibration in figure 22. For installations shead of blunter fuselage-
nose sections, the errors et subsonic and transonic speeds will be con-
siderably higher. '

+

If the operating range of the alrplane 1s confined to speeds below
sonic, a static-pressure tube ahead of the wing tip may, for some sirplane
configurations, prove more satlsfactory than a fuselage-nose installstion.
At equel distances ahead of the wing and fuselage nosejy for exemple, the
static-pressure error (at subsonic speeds) of the wing-tip installation
will ordinarily be smaller then that of the fuselage-nose installstion.
The reletive megnitudes of the errors of the two installations will, of
course, depend on the relatlve values of the wing thickness eand fuselage
diameter and on the shape of the fuselage-nose section.

At speeds above sonic, a wing-tip installation will generally be

less deslrable than a fuselage-nose installation because of the relatively
high sensitivity of the wing-tip installation to angle of sideslip, par-
ticularly at the Mech nmumbers at which the wing or fuselage shock waves

are near the statlc-pressure orifices. In sddition, the calibrations of
wing-tip installations at supersonic speeds are more difficult to apply
because of the two discontinuities which occur when the wing and fuselage
bow waves pass the orifices. -
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For operation In the subsonic speed range, a static-pressure-tube
installation ghead of a vertical tall fin may, for some configurations,
offer certain advantsges. In comparison with a wing-tip installationm,
for example, the thinner sections of vertlcal tail fins permit the use
of shorter booms to achieve an equivelent static-pressure error. Because
of the complex nature of the shock waves which form on the wing and fuse-
lage, however, it would appear advisable to 1limit the use of vertical-
tail-fin installations to Mach numbers below approximstely 0.8.

Subsonic calibrations of numerous fuselage-vent installations on
airplanes (not included in this report) have demonstrated that acceptable
static-pressure errors can be obtained through & Mach number range up
to about 0.8. The model tests presented in figure 37, however, showed
irregular variations of statlc-pressure error with Mach number st tran-
sonic speeds. Furthermore, 1f the vents are near the fuselage nose, the
static-pressure errors, as shown on figure 40, are apt to fluctuate errat-
ically because of varistions in angle of sideslip. It may be concluded,
therefore, that fuselage vents, properly located and installed, may pro-
vide satisfactory calibrations at subsonic speeds up to M = 0.8.

FLIGHT CALIBRATION METHODS

The calibration of an alrspeed instsllation is usually accomplished
by determining the errors in the pltot and static systems independently.
The pitot system can be calibrated qulite simply by comparison with a free-
swiveling totel-pressure tube or a shielded tube (of the type described
in ref. 2) installed on the test airplane. The total-pressure error of
the system being calibrsted can be determined with a high degree of accu-
racy, since the difference between the total pressures of the two tubes
can be measured directly with a differential pressure indicator or
recorder.

The calibration of the static-pressure system may be performed by
any one of a number of methods of varying degrees of complexity and
accuracy. The choice of the calibration method will, 1in general, depend
on the instrumentatlion avallable, the accuracy required, and the ranges
of speed and 1lift cocefficlent over which the airplane 1s to be calibrated.
As the procedure and instrumentation of most of the methods 1s quite
involved, only a general description of each of the methods will be given
here. Detailed iInformation may be obtained by reference to the original
reports.
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Speed-Course Method o

In the speed~-course method, the true alrspeed of the alrplane is
determined by measuring the time required for the alrplane to fly at
constant speed and constant altitude between two landmarks (ref. hl).

The effects of winds must be accounted for either by direct measurement
or by elimination (by flying a triangulsr course or by flying in opposite
directions along a straight-line course). The statlic-pressure error is
determined by comparing the measured indicated airspeed with the correct
indicated air speed (as computed from the measured true speed). The
method 1s limited to speeds gbove the stall region and to the maximmum
speed of the alrplane in level flight. The accuracy of the method i1s
largely dependent on the accuracy of the measurement of time, the con-’
stancy of the wind speed, and the degree to which consfént alrspeed 1s
maintained throughout the test.

Tralling-Statlic-Tube Method

The static pressure of the static-pressure installetion is compared
directly with free-stream statlic pressure as measured by & static-pressure
tube suspended on a long cable below the airplane (ref. 42). The cable
must, of course, be long enough to place the tralling tube at a distance
below the elrplane where the pressure 1s approximstely amblent. In refer-
ence 42, 1t was shown that the cable length should be approximately

1% to 2 wing spans. The adventage of this callbration method is that

the calibration can be conducted at altitude and at speeds down to the
stall. The meximum speed at which the tests mey be conducted is limited
by the speed et which the trailing tube encounters instability. The
unstable motions of the towed body which develop gbove this limiting
alrspeed have been attributed to caeble oscillations which originate near
the alrplane and are amplified by aserodynamic forces as they travel down
the ceble (ref. L3)., Simple trailing tubes which depend on the weight

of the body to keep them below the airplene have a maximum ussble speed
of epproximaetely M = O.4. A more complex trailling tube with wings set
at a negetive angle of incidence to keep 1t below the alrplane has been
towed to a Mach number of 0.85 (ref. 25). The accuracy which can be
achieved by this method 1s relatively high because the difference between
the system and free-stream pressures can be measured directly with a dif-
ferentlial pressure Instrument. -

Anerold Methed

Basically, the anerold method consists In measuring the static
pressure developed by the static-pressure system of the airplane at a
known height and measuring the free-stream statlic pressure at the same

it e e
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height. The static-pressure error of the installation is then determined
ag the difference between these two pressures. The pressure developed

by the static~pressure tube may be measured either with an absolute-
pressure gage or with an altlmeter. The measurement of the reference
height and of the free-stream static pressure at this helght may be accom-
plished by any one of a variety of methods to be described.

Reference landmark.- The simplest form of the aneroid method 1s that
in which the reference height is established as the top of a tall tower
or building of known height (ref. Ll). The free-stream static pressure
at the reference helght may be determined directly with an absolute-~
pressure gage or altimeter located at the top of the landmerk. This
measurement mey also be determined by measuring the atmospherlec pressure
and temperature at the ground and computing the pressure at the reference
height on the basis of the standard lapse rate. The flight celibration
procedure consists in measuring the statlc pressure of the alirplane instal-
lation as the alrplane flies past the landmark in level flight at constant
speed. Any deviations in the height of the alrplane above or below the
reference helght may be determined either by visual observation or by
photogrephing the alrplane from the landmark. The speed range of the
calibration is limited to speeds sbove the stall and below the maximum
level-flight speed of the alrplene. Because of the ease and preclsion
with which the reference height and the free-stream static pressure can
be measured, the static-pressure error of the installation msy be deter-
mined with a relatively high degree of sccuracy. The principel disad-
ventages of this method are the fact theat the calibratlion is limited to
level-flight speeds and the hazards involved in flying the sgirplane near
the ground.

Photographic.~ The height of the airplane may be determined either
by photogrephing the airplane as it passes over a camera directed verti-
cally upward from the ground or by photographing reference landmarks on
the ground with a cemera pointed vertically downward from the alrplane.
In either case, the height of the airplane 1s calculated from the focal
length of the camera and a comparison of the size of the image on the
film with the true dimensions of the object. For accurate measurements,
corrections rust be applied for any deviations of the alrplane from zero
angle of benk. The free-stream static pressure at the reference height
1s computed by using the standard lepse rate and measurements of pressure
and temperature at the ground. Because the accuracy of the determinetilon
of free-stream stetic pressure by means of these computations decreases
as the altitude of the airplane is increased, it may be advisaeble in some
cases 1o determine the stream pressure by flying the airplane at a speed
for which the installation has been previously calibrated by another
riethod, for example, the reference-landmark method.

The calibration procedure consists in flying the alrplane at constant
speed and altitude over the ground station. Although the speed range of

kit



2h LSONETDENT L Ate NACA RM IS5TAO9

the calibration is the same as that of the reference-landmerk method,
this method is less hazardous because the tests can be conducted at
higher eltitudes. In one agpplication of this method, satisfactory

calibrations have been mede at helghts of 300 to 800 feet (ref. 45).
An attempt to use the method at much higher altitudes (25,000 to
30,000 feet) did not prove very successful (ref. L6).

Geometric.- In the flrst of two forms of the geometrlec method
(described in ref. 47), the height of the alrplane is determined by
flylng the alrplane at constant speed and altitude over a predetermined
ground course such as a line down & runway, and 1n measurlng the elevation
angle of the alrplane from a ground station that 1s a known dlstance from
the ground course. For best results, the distance of the ground station
from the ground course should be about the same as the height at whlch
+the airplane is expected to fly. The elevatlion angle of the airplane
mey be determined with elther a visual indicator (sighting stand of
ref. 47) or a phototheodolite. ILateral deviations of the flight path
of the alrplane from the ground course must be estlmated and corrected.

A second, and more accurate, form of this method involves the deter-
mination of the elevation angle of the alrplane from two ground stations
located a known distance apart and prefersbly an equal distance on each
side of the ground course (ref. L47). This method has an advantage in
that the flight path of the alrplane may deviate from the ground course
without affecting the accuracy of the helght measurement. In either of
these methods the free-stream static pressure at the reference helght
is calculated by using the standard lapse rate and measurements of pres-
sure and temperature at some reference point on the ground, or it is
measured by flying the slrplane at a speed for which the calibration has
been determined by other means.

Reference airplane.- The reference height may be esteblished by
another alrplene flying at a low and constant speed and at constant
pressure altitude (refs. 4l and 48). The static-pressure system of the
reference alrplane must have been previously calibrasted for the speed
at which 1t i1s flown 1n order to determine the free-stream statlc pres-
sure at the reference height. The test airplane is then flown at a
series of constant speeds past the reference airplane. Corrections for
any differences between the height of the two airplanes can be determined
most accurately by photographing the test airplane as it flles past the

reference alrplane. - -

Radar phototheodolite.- In another form of the anerold method, the
helght of the alrplane is calculated from the slant range and elevation
angle of the ailrplane as measured by a radar-phototheodolite assenbly
located at a ground station (ref. 40). The radsr antenns is directed
at the test ailrplane by a separate optical tracking unlt operated through
a servo gystem. The radar-phototheocdolite assenmbly consiste of a radar
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unit which has been modified by the addition of (1) an elevation scale
on the rader antenne and a camera to photogreph this scale and (2) a
camera with a long-focal-length lens mounted at the center of, and bore-
slghted with, the radar antenna. The scaele camera provides a measure

of the elevation angle of the optical axis of the antenns camers, and
the antenna camera provides a means of correcting for any deviations

of the position of the alrplane from the optical axis of the antenna
camera. A third camera is installed in the radar unit to photograph
the range scope. The three cameras, together with the pressure-recording
instruments in the airplane, are all synchronlzed by means of radio time
signals transmltted from the airplane.

As this method permits calibratlions of the alrplane in dives and
maneuvers as well as in level flight, the tests are usually conducted
over a range of altitude. The free-stream static pressure at the ref-
erence altitudes must, therefore, be determined by measuring the varietion
of pressure with height over the test altitude range. This varistion
of pressure wlth height may be determined by any of the followlng methods:

(1) The test airplane is tracked by the radar phototheodolite as
the ailrplene climbs through the test altlitude range at a low, constant
speed for which the statlc-pressure error has been determined by other
neans., The alrplene is then flown through the same stmosphere at the
higher speeds gt which the installation 1s to be calibrated. For best
results 1t 1s advisable to repeat the survey after the calibration runs
have been made.

(2) For cases in which the airplane cannot be flown through the
test altitude range at flight conditions (Mach number and 1ift coef-
ficient) for which the calibration is known, the free~-stream static
pressure at one height (as measured by the rader phototheodolite) is
first determined for one flight condition for which the statlc-pressure
error is known (ref. 49)., The alrplane is then tracked by radar at other
speeds through the test altitude range. TFrom measurements of temperature
and pressure during this ascent, the pressure Po at any given height hy

nay be determined by means of the following equation:

h -
p AT 2 ,nl+72lK(M‘)2
1 RT!

where P is the free-stream pressure at the start of the test (at
altitude hl\, p' and T' are the measured pressure and temperature

at altitude h, and M' is the Mach nunber determined from the measured
total pressure and the static pressure p'. The value of n depends

ST
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on the temperature recovery factor K of the thermometer and on the

Mach number. For K =1, a value of n of X% ; L (or 0.286) gives

satlsfactory results at subsonic and low supersonlc speeds. Computations
of n for other velues of K and M are given in reference 49.

(3) A rediosonde tramsmitting pressure measurements is tracked by
the radar phototheodolite through the test altitude range (ref. 50).
The calibration tests of reference 50 indicated that the static-pressure
measurements from the radiosonde were not sufficiently accurate to estab-
lish the static-pressure error of the lnstallation to the required
accuracy.

(4) The variation of pressure wilth helght at the test altitudes is
computed from measurements of temperature and pressure transmitted from
a radiosonde (ref. 50). The height at any given pressure level mey be
computed from the equation -

nh , _
) Fe s
. ]

wvhere p and T sare simultaneous radliosonde measurements. Thls equation
indicates that an error in statlc pressure results In an error 1n altlitude
of opposite sign. Therefore, in a plot of pressure against altitude, the
error in altitude tends to compensate for the error in static pressure.

As a consequence, the varlation of statilc pressure with eltilitude obtalned
by this method will be closer to the actual variation than that obtained
when the statlic pressure is measured by the radiosonde end the height

of the radiosonde 1s measured by a radar theodolite.—

Radio eltlmeter.- The reference height is determined by means of
e radlo altimeter installed in the airplane (ref. 51). The varilation
of free-stream stabtlc pressure with height is first determined by flying
the airplane through the test altitude range at a low constant speed for
wvhich the static-pressure error 1s known. The calibration tegts are then
performed through the same atmosphere, the helight of the alrplane belng
measured by the radio altimeter.

Like the rader-phototheodolite method, this method allows the cali-
brations to be conducted st high altitude. The instrumentation required
for this method, however, is much simpler and has the advantage of belng
entlrely contalned within the alrplane. The method has the dlsadvantage
of requiring a level ground-reference plane, and thus it is restricted
to flight over a large body of water. From the tests reported in ref-
erence 51, the accuracy of this method was found to be of the same order
as that of the radar-phototheodolite method. Another evaluation of this”
method is reported 1n reference 52. : o - -
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Accelerometer.- In the accelerometer method (ref. 49), the free-
stream static pressure at a given height 1s determined by flying the
airplane in level flight at a speed for which the static-pressure error
has previously been determined by another method. The airplane is then
flown in level flight or in vertical-plene maneuvers at the higher speeds
for which a callbration 1s desired. From measurements of normal and
longitudinal acceleration and the attitude angle of the airplane, a
calculation is made of the verticasl velocity which, when integrated,
provides a measure of the change in height. The height increment i1s
then combined with temperature measurements to determine the variation
of free-stream static pressure with helght during the calibration run.
An evaluation of this method (ref. 49) as compared with the radar-
phototheodolite method showed the accuracy of the two methods to be
compearable.

Radar-Temperature Method

In the radar-temperature method (ref. 50), the variation of ambient
temperature with height is first determined by (1) tracking a radiosonde
(transmitting temperature measurements) with a radar phototheodolite or
(2) computing the height of the radiosonde from equation (2) using values
of pressure and temperature transmitted from the radiosonde. The test air-
plane 1s then tracked by the theodolite as the ailrplane is flown through
the atmosphere surveyed. During the calibration runs continuous measure-
ments are made of the total temperature developed by a probe on the air-
plane. From a knowledge of the total temperature T' and the ambient
temperature T at a given helight, the true Mach number at this heilght
mey be determined from the equation

-1+ o (3)

From a comparison of the true Mach rmumber with the Mach number measured
by the airplane Installetion at this height, the static-pressure error
may be calculasted. The accuracy which msy be cbtalned with this method
is discussed in reference 50.

Temperature Method

This method 1s based on the assumption that the temperature and
pressure at a given point in the atmosphere remsins unchanged over a
short period of time. The method, as described in reference 53, con-
sists 1n measuring the tempersture, static pressure, and total pressure
from the alrplane as it 1s flown through the test altitude range st a
speed for which the calibration is known. This survey establishes the
relation between the amblent temperasture and the free-stream static
pressure. The alrplane 1s then flown through the altitude range surveyed,
and the same messurements are repeated. The values of the indicated

S o
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together with the tempersture recovery factor of the thermometer, define
the relation between the ambient temperature and the indicated static
pressure at that instant. From a comparison of thils temperature wilth the
temperature-pressure veriation determined in the survey, the free- stream
static pressure at that instent is determined. The static-pressure error
is then found as the difference between the indicated and free-stream
static pressures. Although the instrumentation required for this method
is compersatively slmple, the measurement of temperature must be very
precise. The accuracy whilich mey be obtained with this method was deter-~
mined in the tests reported in reference 54.

Formetion-Flight Method

In the formation-flight method, the test alrplane is flown in for-
mation with another alrplane that has a calibrated airspeed system. The
static-pressure error may be determined by compering elther the altimeter
or the airspeed indicator readings of the two aircraft. If airspeed
readings are compered, the errors, if any, “in the total-pressure systems
of the two ailrplanes must be teken into account. Thls method is limited
to the altitude and speed capebilities of the reference asirplane. An
evaluation of the accuracy which may be achieved with this method at
speeds between 200 and LOO knots 1s reported in reference 55.

CONCLUDING REMARKS

From a comparison of the calibrations of four types of statlc-
pressure-measuring installations (fuselage nose, wing-tip, vertical
tail fin, and fuselesge vent) the following conclusions may be drawn:

1. For an airplane designed to operate at supersonic speeds,
a statlc-pressure tube located shead of the fuselage nose will, in
general, be the most desirsble installation.

2. If the operating range is confined to speeds below sonlc, a
static-pressure tube located shead of the wing tip may, for some ailrplane
configurations, prove more satisfactory than a fuselage-nose Installation.

3, For operation st Mach numbers below O. 8, a static-pressure tube
ahead of the vertical tail fin or fuselage vents, properly located and
instelled, should prove satisfactory.

Langley Aeronautical Laboratory,
National Advisory Commlttee for Aeronautics,
lengley Fileld, Va., December 17, 1956.
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Figure 1.- Theoretical pressure distribution along cylindricael bodies
(subsonic deta from ref: 5).

M
| - 3 Vd=o.29" 0-6-08
NG ORIEICES
—_— , . 21d30—25" j—— — .94
N\ 2 OR|FICES—0.02%D.
—_____ 1.8
— ] . 3 Id=c.os" T ar
l‘__X_._{\ 2 ORIFICES-0.008"D.
@] “—‘—____,:r:}___ = _aﬁ
- — 7T '//r
-.02 o ]
Ap. R
9@
-.04 -
-.006
o} 2 4. 7] 8 ke |12

x
d
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Figure 1l.- Calibration at angles of attack of a static-pressure tube with
orifices at circumferential stations of 37.5° and -37.5° (ref. 16).
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Figure 19.- Static-pressure errors at various distences shead of two
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(b) Variastion of static-pressure error with distance shead of nose.

Figure 25.- Static-pressure errors at three distances ahead of a body of
revolution with a nose inlet (ref. 2k).
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nose inlets (ref. 26).
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Figure 28.- Static-pressure errors at various distances ghead of the wing
tips of unswept-wing airplanes (ref. 23).
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